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Abstract
This paper presents the preliminary mission and system analysis of a small-scale, light-weight system for the
deflection, manipulation and exploitation of small size asteroids. The system proposed in this paper, called
Light-Touch2, uses lasers to ablate the surface of an asteroid and induce a low thrust modification of its orbit.
The system is applied to the deflection of a small size asteroid, 2-4 m in diameter, 130 tons in mass. It will be
demonstrated that a laser system powered by conventional solar arrays can produce enough thrust to change the
velocity of the asteroid by 1 m/s in less than 3 years. The current mission and system design to implement the
Light-Touch2 concept envisage the use of a small class spacecraft, called AdAM (Asteroid Ablation Mission),
which will fly in formation with the asteroid and apply laser ablation for a suitably long time. In the paper, the
Light-Touch2 concept is compared against other known contactless deflection systems. Assessed qualities
include momentum coupling and mass efficiency. The system and mission analysis will also be complemented
by navigation analysis. A combination of ground-based and onboard optical measurements will be used to
provide the required accuracy to fly in formation with the asteroid and to measure the deflection. The paper will
therefore present the preliminary spacecraft system analysis and the preliminary transfer and navigation
analysis.
Keywords: contactless asteroid deflection, laser ablation, asteroid exploitation
1. Introduction
As of 21st December of 2012, 9432 NEOs are known. The smallest object among the surveyed asteroids is
estimated to be of only a few m in diameter, while the largest is of 32 km diameter (i.e., Ganymed). The
surveyed portion of the NEO population is only a fraction of the total existing population, particularly at very
small sizes, on the order of a few m in diameter, for which the surveyed fraction is well below 1%[1]. This
paper presents a summary of the results of a mission study to deflect a small object with a diameter between 2-4
m and a mass of 130 tons in response to the ESA SYSnova challenge. Following the requirements of the
SYSNova challenge, the orbit of the target asteroid must have an inclination lower or equal to 5 degrees and the
apsidal points with a distance from the Sun between 0.7 and 1.4 Astronomical Units (AU). Currently, 189
NEOs are known in that range of orbital elements according to JPL Small Body Database 1, ten of which fall
within the range of sizes required, under certain assumptions on the albedo to calculate the equivalent spherical
diameter for their magnitude. The whole deflection mission should rendezvous with the asteroid before the end
of 2027 and be completed in less than 3 years imparting a total v of at least 1 m/s. A further important
requirement is that the deflection action has to be contactless.
Amongst the many possibilities to deflect such a small asteroid, surface ablation has been theoretically shown to
be one of the most promising ones[12][13]. Ablation is achieved by irradiating the asteroid with a light source.
This can either be collected and focused solar radiation or with a laser light source. Within the illuminated focal
point, the absorbed energy increases the temperature of the asteroid, enabling it to sublimate. The ablated
material then expands to form an ejecta plume. The resulting thrust induced by the ejecta plume pushes the
asteroid away from its original trajectory. Previous proposals for the initiation of laser ablation considered using
1
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either GWatt ground-based lasers or MWatt space-based lasers by a nuclear reactor. More recently, it was
proposed to use a swarm of small spacecraft, each equipped with an identical kWatt solar-pumped laser[13][12].
This concept provides a much lighter and more adaptable solution. Singular or multiple ablation spots can be
used. This increases the flexibility and overall redundancy of the deflection mission. As required, more
spacecraft can be added or removed from the existing configuration, eliminating the need to develop and design
new spacecraft. Given the size of the target in this study a single spacecraft equipped with a relatively small
laser electrically pumped by the power generated by solar arrays is considered.
The study presents an analysis of laser ablation for asteroid deflection, proposing a simple one-dimensional
model of the ablation process and the generation of the thrust. From this model, an analysis of the achievable
momentum coupling is shown. The momentum coupling is defined as the ratio between the achievable thrust
and the power input to the laser. A second analysis shows the mass efficiency defined as the required mass of
the deflection system (laser and associated power and thermal system) to produce a given variation of the
velocity of the asteroid. Starting from the definition of the laser and optical system, some requirements are
derived on the navigation and control of the spacecraft in the proximity of the asteroid and on the size and
characteristics of all the other subsystems on board the spacecraft. The small size of the asteroid and the fact that
its ephemerides are not known with great accuracy required the definition of an advanced navigation strategy to
discover detect, approach and rendezvous with the asteroid, while simultaneously improving the knowledge of
its ephemerides. Advanced GNC techniques were devised to control the spacecraft in the proximity of the
asteroid during ablation and to measure the achieved deflection and modification of the rotational state of the
asteroid.
2. Target Characterisation
After an extensive analysis of a range of possible target asteroids, two small bodies have been shortlisted. Table
1 summarizes both known orbital and physical data on objects 2008 JL24 and 2006 RH120. However these
objects will both undergo a very close approach to Earth: asteroid 2008 JL24´s closest approach occurs during
5th March 2026 with a minimum distance to Earth of only 0.061AU, while asteroid 2006 RH120’s closest
approach occurs during 9th October 2028 with a minimum distance of 0.027 AU. Both objects can be assumed to
be 4 m diameter asteroids with a mass of 130 tons. Given the mass and size of the two objects the estimated
average density is 3879.4 kg/m3 for both objects, a bit higher than S-class asteroids and lower that M-class
asteroids. Table 2 reports the typical estimated density of S-class, C-class and M-class asteroids and their
albedos along with the density and estimated albedos of the selected targets.
Table 1. Orbital elements and physical characteristics of 2008 Jl24 and 2006 RH120
2008JL242
2006RH1203

Absolute Magnitude: 29.572
Rotation Frequency~18.6 rev/h

Absolute Magnitude: 29.527 ± 1.2
Rotation Frequency~ 21.8 rev/h

The ephemerides of both objects are relatively uncertain and a rendezvous may pose a serious challenge. Indeed,
if the asteroids are visible from Earth before the rendezvous, the ephemerides of these objects may be updated
and the uncertainty significantly reduced. If radar observations can be scheduled before the encounter, some
physical characteristics may be extrapolated such as its shape and rotational state. Unfortunately, as shown in
Table 3, no radar observations will be possible in the coming two decades and only 2006 RH120 will be visible
from Earth during June 2028.
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Table 2. Density and albedo of 2008 JL24 and 2006RH120.
The values are also compared with typical asteroid data as in Chesley et al. [2].
ρ (kg/m3)

pv

C-class

1,300

0.06

S-class

2,700

0.18

2008JL24

3,879.4

0.1637

2006RH120

3,879.4

0.1707

M-class

5,300

0.12

Standard NEA

2,600

0.154

. Table 3. NEO properties and next observation opportunities according to NHATS 4

a)

b)

Figure 1. Visual magnitude of a) asteroid 2008 JL24 and b) asteroid 2006 RH120 from Earth and from a
SC on a preliminary transfer trajectory

Figure 2. Observability diagram of a faint object from a vantage point at 1 AU
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A more detailed account of the visual magnitude of the objects as seen from the Earth and the spacecraft during
a possible rendezvous trajectory is shown in Figure 1. It can be seen, for example, that asteroid 2008 JL24
approaches the Earth twice during 2026. The best transfer opportunity for 2008 JL24 requires departing from the
asteroid just before the second close approach, and as the spacecraft approaches the asteroid the visual
magnitude of the asteroid as seen from the spacecraft (red line) decreases very quickly. 2008 JL24 reaches only
a minimum magnitude around 25 as seen from Earth, slightly above 24, which is the minimum required to be
detected by Earth based surveys (horizontal blue dashed line). Assuming a narrow angle camera with a standard
limiting magnitude of 13-14 (horizontal yellow dashed line) the spacecraft would be capable to see the asteroid
only during the last few days before rendezvous. On the other hand, 2006 RH120 appears to be a more
advantageous target since both the asteroid and the spacecraft can be seen from Earth during the approach.
Finally, Figure 2 shows the region around the spacecraft where an asteroid of 4 meters diameter will be visible
by a standard narrow angle camera at 1AU distance from the Sun (approximately that of the spacecraft during
the transfer). In the figure the spacecraft is in the origin of coordinates, the Sun direction is towards the negative
x-axis, and each curve encloses the region where an asteroid 4 meters in diameter would be seen from the
spacecraft. The area where the asteroid can be seen lies mostly away from the Sun as the Sun is illuminating the
asteroid. It can be thus understood that not only will the asteroid be visible during the last days of approach,
when at very close distances, but also the approach needs to ensure a certain geometrical configuration with the
Sun and the asteroid.

a)

b)

Figure 3. Uncertainty in asteroid position for a) asteroid 2008 JL24 and b) asteroid 2006 RH120 as a
function of time with the date of arrival at 10479 MJD2000.
Despite the fact that the Orbit Condition Code of 2008 JL24 and 2006 RH120 is initially considered acceptable
for both objects, a preliminary GNC analysis shows that the error in position for objects 2008 JL24 is too large
for a feasible rendezvous. This is due to the combination of the level of uncertainty on the object ephemeris and
the timespan since the last observation campaign. The last observation of the object occurred during 2008, and
no future observation campaigns will be possible until the rendezvous of the spacecraft with the asteroid in
2027. As shown then in Figure 3, this represents a build-up of uncertainty in position due to runoff drift that is
equivalent to a 3-sigma error in position of about 250,000 km from the centre of the ellipsoid of uncertainty. As
indicated by Figure 2, detection of the asteroid by the spacecraft may then not be straightforward and the risk of
completely missing the asteroid may as a consequence become very high. This however could be avoided, if by
the launch time, Earth based telescope technology has improved sufficiently to allow detection of objects with
visual magnitude between 25 and 26, or if spacecraft narrow cameras have also increased significantly their
limiting visual magnitude. The knowledge of the ephemeris of 2006 RH120 is however much more accurate,
which allows a reliable rendezvous even without further observation campaigns. Moreover, 2006 RH120 will be
visible from Earth during the approach of the spacecraft to the asteroid, strengthening then the case for this
target as baseline choice.
3. Deflection Principle
The deflection thrust FSUB is generated by sublimating the surface of the asteroid as it rotates under the spot light
of the laser beam. The thrust FSUB is computed as the product between the mass flow generated by the ablation
process m , the speed of the ejecta v and the scattering factor :
FSUB  vm
(1)
The mass flow per unit area



is computed from the simple one-dimensional energy balance:
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where PI is the power density at the spot, QRAD is the heat loss through radiation and QCOND is the heat loss




through conduction. The extended sublimation Enthalpy Ev*   EV 
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contains the Enthalpy of complete sublimation Ev and the losses in the Knudsen layer. Here Ts is the sublimation
temperature, T0 is the reference temperature 273K and Cv and Cp are the heat capacities at constant volume and
constant pressure of the sublimated material. The mass flow per unit areas is then integrated over the illuminated
area to give:
m  2Vrot

ymax tout
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0
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where Vrot is the velocity of rotation of the surface under the sport light. The velocity of the ejecta is
computed with the simple average of the Maxwell distribution:
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v
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where Ma is the molecular mass of the ejecta, and the scattering factor is the integral of the trigonometric part of
the density distribution of the ejecta[10]:

 ( r, )   * K P

d

2
SPOT

 2r  d SPOT 

2

  
cos 
  2 MAX

2

  k 1



(5)

where * is the density of the ejecta at the spot,dSPOT is the diameter of the spot, r is the distance from the spot
and  is the elevation angle with respect to the spot surface. For more details on the model please refer to [15].
The density distribution is also used to compute the contamination factor
(6)

That multiplies the output power from the laser to give the power density at the surface:

PI 

 g ML
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(7)

where PIN is the power input to the laser, L is the efficiency of the laser, M is the absorptivity of the
material, g is the energy absorbed by the ejected gas and Aspot is the area of the spot. The thinkness of
the deposited material is computed from the equation:

dh 2v 

cos vf
dt
l

(8)

where ψvf is the view angle i.e. the angle between the normal to the surface and the surface-to-spot vector. To
account for the expansion of gas in a vacuum the average velocity is multiplied by a factor of two. The
denominator ρl is the layer density. Based on experimental results, for olivine, this is 250 kg/m3[12].
3.1. Momentum Coupling and Mass Efficiency Analysis
It is now interesting to assess the possible impact that the laser ablation system can have on the design of a
deflection mission and compare the laser system to other contactless deflection methods. Two metrics can be
considered: the momentum coupling that relates the achievable thrust to the power installed on the spacecraft
and the mass efficiency that relates the achievable deflection to the mass of the system required to produce that
deflection. From the thrust delivered by the sublimation process and the input power to the laser system one can
derive the momentum coupling coefficient:

Cm 

Fsub
PIN

(9)

This definition is slightly different than the one found in Phipps et al.[8] as the interest here is to size the power
system onboard the spacecraft. The power input to the laser is:

PIN  PS

P1 AU ASA
2
RAU

(10)

In order to better understand the impact on the system size of the laser one can take, for comparison, some
existing electric propulsion systems. The RIT-22 has an Isp of 4500s, at a thrust of 150mN and 5000W of input
power; assuming that two engines are required, for example for an ion beaming system or a gravity tug, one gets
a momentum coupling of 1.5x10 -5 N/W. The RIT-10 has an Isp of 3325s at nominal thrust of 15mN and input

power of 460 W, therefore its momentum coupling would be 1.63x10 -5 N/W. SPT engines are expected to have
a higher momentum coupling, for example a PPS1350G has demonstrated an average thrust of 67 mN at 1190
W with an Isp of 1540 s, therefore the expected momentum coupling would be 2.79x10 -5 N/W. The momentum
coupling as a function to the input to the deflection system is represented in Figure 4 for the target asteroid and
for a laser efficiency of 55% and is compared to the momentum coupling of three electric propulsion systems.
Note that the assumption here is that the efficiency of ion engines does not change with the power level. This is
not generally true as for very low propulsion level the efficiency currently drops from 40% or less. The
momentum coupling of ion engines is therefore expected to be lower for low thrust levels. Figure 5 shows the
dependency of the input power to the laser and spot size to the desired momentum coupling and thrust level for
a laser efficiency of 55%. Figure 5a shows the dependency of the input power to the laser on the desired
momentum coupling and thrust level while Figure 5b shows the dependency of the spot radius on the desired
momentum coupling and thrust level. It can be seen that if the spot radius can be controlled down to fractions of
a millimetre the momentum coupling can be extremely high requiring small size laser with little power input.
For example a 300 W laser can deliver almost 2x10-5 N/W at a thrust level of 5 mN if the spot size radius could
be reduced to 0.2 mm. This is of course very demanding on the optical system. As it will be shown in section
3.4 controlling the beam radius down to 0.1 mm is possible but would require a fine control as the Rayleigh
distance drops rapidly below 1m. A spot radius between 0.6 and 1 mm is more reasonable and allows for a
relaxed control on the distance, being the Rayleigh distance between 1.5 and 4 m. This implies operating at
higher thrust levels and power inputs for a constant Cm or at lower Cm. In the following it was decided to operate
a suboptimal momentum coupling, around 1.16x10 -5 N/W, to keep the spot radius close to 1 mm and
significantly reduce the control of the optics.

Figure 4. Momentum coupling for different spot sizes (laser efficiency 55%).

a)

b)

Figure 5. a) Input power and b) spot radius as a function of momentum coupling and thrust level
One can now consider the total mass of the system required to produce a deflection action. The primary
requirement for the Light-Touch2 mission is to produce a 1 m/s delta velocity onto the asteroid through the

deflection manoeuvre. Since the laser produces a low-thrust deflection manoeuvre, this quantity can be
computed by integrating the resulting thrust on the asteroid over time:

 vI 

Fsub  t 
dt
mNEO  t 
start ablation
stop ablation



(11)

where mNEO is the mass of the asteroid which is decreasing due to sublimation. The overall mass of the
ablation system includes the laser itself, the power system dedicated only to pumping the laser and the radiators
dedicated only to rejecting the heat of the laser. The area of the radiators AR can be derived by the simple steady
state thermal equation

Qlaser   R ARTR4 assuming an emissivity of R=0.9 and a temperature of the laser of TR

= 278 K. From the system design one can define the specific mass of the power system is P = 42 kg/kW.

a)

b)

c)

d)

Figure 6. Total deflection system mass as a function of the Dv: a) RIT10 vs laser with Cm = 1.4x10-5 N/W,
b) PPS1350G vs laser with Cm = 1.4 x10-5 N/W, c) RIT10 vs laser with Cm = 1.16 x10-5 N/W, d)
PPS1350G vs laser with Cm = 1.16x10-5 N/W. No gravity losses are included and the asteroid mass is
130x103kg.
The mass of the laser system is therefore:

mLS   P PIN   R (1  L )

PIN
 mL
 RTR4

(12)

where mL is the mass of the laser itself plus the optics, R = 0.5kg/m2, is the mass of the radiators. The mass of
the EP system includes the mass of two engines, the mass of the related power system, the mass of the radiators,
the mass propellant and the mass of the tanks. The mass of the radiator and power system is computed using the
same figures and assumptions used for the laser system except for the efficiency of the engine that is always
equal to 60%. This is a rather optimistic assumption as the efficiency does not scale with the thrust level. The
mass of the propellant is simply m p  2 FEP tthrust I sp g0 , the mass of the EP system is therefore:

mEP  2.2

FEP
P
tthrust   P PIN   R (1  EP ) IN 4  2me
g0 I sp
 RTR

(13)

where me is the mass of a single engine, Isp is the specific impulse of the engine and hEP is the efficiency of the
EP system. The assumptions here are that: the mass of the tanks is only 10% of the mass of the propellant, two
engines are on at the same time, the efficiency of the engine does not change if the engine is scaled down, the

mass of the propellant has no impact on the structural mass of the spacecraft. Note that the last two assumptions
are quite strong as the efficiency of EP system goes down as the size goes down. For example current nano-ion
engine achieve 40-50% optimistically while engines delivering hundreds of mN can achieve 60% efficiency.
The efficiency and Isp used in the comparison is the one declared buy the builders for each one of the engines
although the thrust and mass were scaled down linearly. Figure 6 shows the mass of the deflection system
against the achieved vI assuming that the mass of the power and thermal system remain constant, and so does
the thrust applied to the asteroid. The mass of tanks and propellant is growing linearly with the vI in the case of
the EP system and dvI grows linearly with time. Figure 6a shows a comparison of the laser system against the
RIT10 assuming a Cm = 1.4x10-5 N/W for the laser while Figure 6b shows a comparison of the laser system
against the PPS1350G for the same laser Cm. It is clear that of the laser system had the same Cm of the EP
systems the mass would be always in favour of the laser system for a given vI as the radiator mass has a small
impact and the mass of the power system would be the same. Figure 6a and b, however, shows that even if the
laser is operating at a lower Cm than the EP system still there is an advantage in using the laser especially as dvI
increases up to the point in which the laser system is always better than the EP for any vI. Note that at Cm = 1.4
x10-5 N/W the requirement on the optics is very reasonable in particular for thrust level of 10 mN or higher. In
the following, as explained before, we decided to work at a suboptimal Cm to relax even further the optics.
Figure 6c and d show a comparison of a laser system operating at Cm = 1.16 x10-5 N/W against the RIT10 and
PPS1350G. The laser still overcomes the PPS1350G but falls behind the RIT10 at low thrust levels requiring a
mass that is 5-7 kg higher.

a)

b)

Figure 7. Thrusting time required to achieve 1m/s: a) 20m shooting distance, b) 30m shooting distance

a)

b)

Figure 8. Thrusting time required to achieve 1m/s: a) 40m shooting distance, b) 50m shooting distance
This analysis considered no gravity losses and no contamination. It also assumed that the mass of the propellant
implies an increase of the mass of the tanks only. The effect of contamination has an impact on the required
thrusting time for the laser system. If the contamination and the distance from the Sun are included one can
compute the required thrust time to achieve a vI = 1 m/s for different PIN and different spot sizes. The distance
from the asteroid has an impact on the contamination level therefore different simulations were run within a
range of 20-50 m from the asteroid. The radius of the spot was taken between 0.8 and 1 mm. The input power to
the laser was taken in the range 850-1000 W.
Figure 7 to Figure 8 represent the contour line of the thrusting time required to achieve a delta velocity on the
asteroid of 1 m/s for distances from the asteroid of 20, 30, 40 and 50 m. The thrusting time is here considered to

be the time required for continuous thrusting from the time at which the one-month firing laser test is initiated
(383 days after launch).
Note that with a distance from the asteroid of 50 m the best results are achieved as the contamination is lower.
The assumption is that the spacecraft is trailing the asteroid and the solar arrays have a maximum aspect angle
of 15 degrees with respect to the impinging plume. The laser was shown to have a self-cleaning effect on the
impinging plume therefore the contamination is considered to be negligible[12]. At a distance of 50 m the
contamination of the arrays induces a 5% reduction of the power and the target variation of the velocity can be
achieved in a fraction of a year of push time. From Figure 9 one can see that if at a nominal distance of 50 m,
with a 1070 nm frequency of the laser, the radius of the spot is 0.8 mm and the diameter of the reflector is 75
mm, an increases of up to about 1 mm of the radius is to be expected if the distance of the spot changes by 1.9
m. This means that a fully uncontrolled focusing of the beam within a range of ±1.9 m from the expected focal
point would lead to a required push time that is between 165 and 220 days for a power input of 860 W. This
gives a lot of flexibility on the control of the beam as the distance from the spot needs to be known with an
accuracy that is of the order of a few meters. A lower PIN is possible though a smaller spot size would be
required and longer push time. In the second iteration it was decided to conservatively take PIN= 860 W to have
a large margin on the control of the beam and the push time.
3.2. The laser System
The laser system is composed of a laser diode coupled to a fibre plus a collimating optics. From recent
developments supported by DARPA and realised by nLIGHT one can see that laser diode demonstrated 80%
efficiency or higher with output power for single elements of up to 350W. Stacks can go up to few kW. In
particular experimental results have demonstrated wall-plug efficiencies of about 83% at 138K and 76% at
283K. Cryogenic temperature can represent a serious challenge especially over long periods of time. A laser
system operating at temperatures between 273 and 283K seems more reasonable and poses less demanding
constraints on the thermal control system. The beam quality of these laser diodes is not high enough to produce
the right power density. These laser diodes can instead pump fibres that at present have already reached an 83%
optical to optical efficiency. The coupling between fibres and laser diode requires some attention but
efficiencies between 80-90% are achievable. It is therefore reasonable to expect a diode+fibre coupling with an
overall efficiency between 50% and 57% with the possibility to increase the overall efficiency to 62% by further
cooling the laser. Heat rejection is required at two stages: at diode level and then at fibre level. Assuming, for
example, a 1kW output power the required heat rejection at diode level is between 200 to 240W while at fibre
level is between 130 and 136W. At this point it is interesting to note that the efficiency of the laser system is
comparable to the one of a ion engine and presents the need to reject similar levels of heat. On the other hand
the expectation is that fibre lasers pumped by diodes will not significantly improve in the future. Therefore, one
can assume a theoretical efficiency upper limit of 70% corresponding to perfect coupling and cooling. An
alternative to the use of fibres coupled with laser diodes is to use a direct solar pumping using concentrators and
semiconductor disks. This technology is however considered to be less mature than a fibre+diode solution and
with a less clear technology roadmap. Therefore, this option will be retained as back-up. The main advantage of
it is the reduction in the power system mass. At present, however, directly pumped laser demonstrated relatively
low efficiencies, below 10%, with the exception of recent lab experiments that demonstrated very high
efficiencies but at very low power. Fibre coupled diode lasers come in a diverse variety of wave length and are
heavily used in industry for different applications presenting already efficiency between 30 and 46% off the
shelf with power levels that can go up to 1kW. The choice of the wavelength has an impact on the total energy
absorption at the surface of the asteroid and also on the beam quality, i.e. the ability to focus the beam over long
distances.
3.3. Beam absorption
For S-type asteroid the albedo aS is between 0.1 and 0.3 and the relative reflectivity with respect to the central
frequency at 505nm has a peak of 1.2 between 750 and 800nm [11]. A wavelength higher than 800nm or lower
than 750nm would significantly increase the absorption. In the following it was decided to consider the
wavelength of an existing industrial kW class fibre couple diode laser, operating at 1070nm. Although at this
frequency the absorption is very good it was decided to keep the 20% increase in albedo to be conservative. As
it will be explained in the following section a 1070nm laser might not be ideal for the control of the beam as the
divergence is proportional to the wavelength. On the other hand the frequency is ideal to maximise output
power.
3.4. Beam Focusing and Control
From Eq. (7)one can understand that given a power generated by the arrays the power density can be controlled
by controlling the spot area. A higher power density implies a smaller spot area for the same beam output
power. Therefore beam focusing needs to be flexibly controlled over a wide range of distances from the surface
of the asteroid as the asteroid is spinning and a precise distance measurement is difficult to achieve. The ability

to control the spot area depends on the laser beam quality identified by the M2. The M2 defines how much the
beam departs from an ideal Gaussian beam: the smaller the value the better the quality of the beam. This
translates directly into the ability of the beam to achieve a small focused spot with nearly all the laser power
tightly focused. The idea is to start from collimated beam that appears a point source, expand the beam and then
refocus the expanded beam to the desired target spot at the desired distance from the source. Figure 9 shows the
relation between the beam diameter at the exit of a focusing mirror and the focused spot radius at 50m from the
source and for a laser frequency of 1070nm. The distance from the focus, over which the beam will double its
area is known as the Rayleigh range, ZR [14]. It is a measure of the focussing power of the beam. The distance
between the corresponding points on either side of the focus is then 2 ZR. The plot in Figure 9 shows this
distance as a function of the beam diameter.

Figure 9. Variation of the beam radius and twice the Rayleigh range (2zr) at the beam focus with the beam diameter
at the exit of the telescope system.

3.5. Sensitivity to the Rotation Speed of the Asteroid
The thrust output from the ablation process depends on the rotation of the asteroid. It has to be noted that the
current assumption is that the ablated spot is at maximum distance from the rotation axis no matter which
strategy is considered. Hence the velocity at which the surface is passing under the laser light is maximal in all
cases. Table 4 gives an idea of the variation of the required thrusting time as the initial rotation speed of the
asteroid increases from the current estimation to 1000 revolutions per day. Note that this analysis does not
consider the refocusing of the beam that can improve performance as the rotation speed increases. The black
line represent the portion of the trajectory where ablation is on. Ablation stops when 1m/s is achieved

a)

b)

Figure 10. a) Input power as function of the rotational speed of the asteroid, b) Thrust on the asteroid as
function of the rotational speed of the asteroid.

Table 4. Thrusting time as function of the rotational speed of the asteroid.
Rev/day
523.2
600
700
800
900
1000
218.89
233.84
253.70
273.35
293.40
311.50
Thrusting time [days]

Figure 10a, and Figure 10b show the time history of the input power and generated the thrust level for different
possible rotation speeds of the asteroid.
4. Transfer Analysis
Asteroid 2006 RH120 follows an orbit similar to that of the Earth, and the transfer costs is very low as
demonstrated in Figure 11 where the cost of a simple two-impulse transfer is represented against the departure
date and transfer time.

Figure 11. Porkchop plots of the chemical propulsion transfers for 2006 RH120
Table 5. Chemical propulsion transfer opportunities
Target
Asteroid
2006RH120

Earth
Departure

Vinf
(km/s)

Asteroid
Arrival

Arr Δv
(km/s)

ToF
(Days)

Total Δv
(km/s)

8/11/2027

0.5403

9/09/2028

0.4871

306.5

3.677

Table 5 presents the best transfer opportunity for 2006 RH120. The figure of merit used to evaluate the transfers
(and also represented on the colour scale of the porkchop plots) is the total Δv of the interplanetary trajectory
comprising the escape burn, a possible DSM and the final rendezvous burn at arrival. For the escape burn,
departure form a 400x400 circular parking orbit direct into a hyperbolic escape with the optimal infinite velocity
was assumed to calculate the Δv. This does not take into consideration the type of launcher or any constraint in
declination, which will be further evaluated when the selection of target and type of transfer is narrowed.
5. Mission Timeline
The mission will be conceptually divided in 9 phases characterized by different operational modes.
1. Launch: Escape is achieved by means of the main chemical engine. Before the spacecraft is injected into
the interplanetary transfer trajectory by an hyperbolic escape manoeuvre, 2 apogee raising manoeuvres are
performed to raise the apogee from the GTO in which a PSLV launcher inserts the spacecraft.
2. Commissioning: Immediately after separation, the spacecraft will autonomously de-tumble, deploy its solar
arrays and acquire a coarse three-axis stabilised Sun-pointing attitude. After launch, a tracking campaign
will be performed in order to verify the interplanetary transfer trajectory and, if required, a first Trajectory
Correction Manoeuvre (TMC-1) is implemented, 7 days after departure, to correct injection errors. Before
putting the spacecraft into hibernation mode, all its functions will be checked and the payload will be
commissioned.
3. Earth to Asteroid Cruise/Interplanetary: During the cruising phase the spacecraft will be in hibernation
mode and no ground support will be required. The spacecraft will be resumed for 2 weeks to allow the
spacecraft to perform the single Deep Space Manoeuvre (DSM), 79 days before arrival. After the DSM, a
tracking campaign determines the spacecraft’s orbit. TCM-2, 7 days after DSM is possibly performed. The
transfer lasts for 296 days, and the spacecraft arrives at the asteroid approximately 90 days before its
perihelion.

4.
5.

6.

7.

8.

Transfer: departure, interplanetary transfer and arrival.
Early Encounter/Arrival phase: One month before the designed Rendez-Vous Manoeuvre, RVM,
(considered the arrival time) the spacecraft will be resumed. Ground station will track the spacecraft to
implement possible corrections and if necessary re-plan the rendezvous manoeuvre. RVM leaves the
spacecraft trajectory in a sun-asteroid direction in order to reduce the illumination angle (sun-asteroidspacecraft), which results in a higher apparent visual magnitude. 3 days before RVM, occasional picture
will be taken and relayed to calibrate the following instruments: narrow angle camera (NAC), wide angle
camera (WAC) and start tracker (STR). The main engine will perform the 391 m/s manoeuvre at a distance
of approximately 60,000 km from the estimated position of the asteroid, thus reducing the relative velocity
with respect to nominal asteroid’s trajectory to50 m/s. A ground supported campaign will verify the
spacecraft’s trajectory. Then the spacecraft will enter a target detection mode to acquire and identify the
asteroid LOS in the NAC, and the asteroid’s ephemeris will be improved. Line Of Sight (LOS)
measurements will be acquired from different angles and combined with radiometric navigation data. After
1 week the acquisition of the asteroid is assured. 2 Optical-Nav-Based Early-Encounter-TCM, EE-TCM-1
(10 days after RVM), EE-TCM-2 (12 days after RVM) will reduce relative position uncertainty from 5000
km by three orders of magnitude to <10 km. The phase concludes with Far Approach Preparation
Manoeuvre (FAPM), 14 days after RVM at about 5000 km distance.
Far-Approach (11 days): The far approach trajectory phase starts with the FAPM. A sequence of 3
subsequent manoeuvres by the RCS will reduce the relative distance from 5000 km to 10 km to allow start
of autonomous operation:
• 1 day later, Far Approach Start Manoeuvre (FASM).
• 5 days later, Far-Approach-Mid Manoeuvre (FADM).
• 5 days later, arrival, Far-Approach-End Manoeuvre (FAEM).
This phase ends at the Approach Transition Point (ATP), 11 days after the beginning of this phase. At this
stage (about 10 km from the asteroid) the NAC is able resolve the target to > 100 pixels. At ATP the
relative trajectory knowledge will accurate to 1 km in position, thanks to a high number of LOS
measurements taken from different angles.
Close-approach (11 days): The close approach trajectory phase starts at ATP. In this phase the spacecraft
will autonomously approach the asteroid and allow ranging sensor acquisition. A sequence of dog-leg
manoeuvres through way-points will be performed to allow LOS-based relative navigation accuracy to
improve to < 20 m in the range direction; at the same time the spacecraft will acquire ranging sensor and
arrive to Hold Point 1, HP1, at 300 m from target. Final relative navigation accuracy shall be almost
optimal (a part from fine-calibration). The sequence of operations is:
• Preparation of the autonomous LOS-based-GNC.
• Dog-Leg Autonomous Approach Segment, starting 2 days later
• Spacecraft autonomously travels through 6 way points, 1 per day, to reach a 1 km distance from
asteroid (Sun-NEO-SC angle of 45 deg)
• Waypoint 6 coincident with Hold Point 1 HP1 where it holds one day in preparation for next step
• 9 days after start, the Final Close Approach Segment starts, with an autonomous approach to 300
m from asteroid (Sun-NEO-SC angle of 0 deg ).
• This 6-hour approach is supervised from ground. During the approach, the ranging sensor is
acquired
Then, for 2 days, GNC equipment status is verified while autonomous GNC controls the spacecraft to
remain within a 5 m-wide control box. The end of the close autonomous approach is 11 days after it
started..
Transition to the Close Operative phase (26 days) starts at the end of Final Close Approach Segment.
The spacecraft follows subsequent hyperbolic arcs until it is about 25 radii (50m) from the asteroid, in the
proximity operations point. During this phase, GNC system is tested and calibrated, including algorithms,
sensors and actuators, and optimal asteroid orbit determination is performed. Its sub-phases are:
• Loose autonomous position control – range is controlled to remain between 200 and 300 m. The
lateral (cross range) control box is 4 m wide. During 20 days, the low amount of RCS firings to
remain in this control box, will allow precise calibration of the sensors, precise radiometric
determination (combined with relative measurements) of both the asteroid and the S/C. The phase
allows modelling the asteroid shape and its rotational state via image and autonomous-processed
(FEIC) extracted feature points (through a dedicated circuit) and high amount of NAC images sent
to ground.
• 20 days later, the spacecraft is allowed to approach to 100 m range, HP3, and perform full
autonomous GNC test in a control box (range between 98 and 102 m lateral control 1 m wide).
The fully autonomous operational system test is supervised and running for 3 days.
• A final autonomous GNC test is ran at OP, the Operational Point 50 m from the asteroid (either in
the trailing or in the Sun-NEO direction, TBD). Operational requirements are applied here (range

to surface between 49 and 51 m , lateral displacement < 1 m). The fully autonomous operational
system is supervised and running for 3 days.
During this phase, the asteroid kinematics and shape model are built. Up to the acquisition of the final
relative position the phase lasts 26 days.
9. Operative phase starts at the end of the third GNC test. Three sub-phases can be distinguished:
• Calibration and Testing (64 days) The spacecraft calibrates and tests the full system including
ablation laser, and assess operational capability of the system. The aim of this phase is to perform the
procedure validation and build trust on the autonomous system:
- For one week, the spacecraft will perform the Initial Ablation Test Campaign (5 minutes, 30
minutes, 1 hour, 6 hours, 1 day). Autonomous GNC, science, health status and radiometric
navigation data are collected and verified on ground.
- For the following week the Ablation Campaign will run with full autonomous operational setting
equal to the actual ablation campaign, followed by a 10 day combined radiometric + relative
orbital determination campaign.
- This is followed by one Month-Long Ablation Campaign, followed by a 10 day combined
radiometric + relative orbital determination campaign and full testing of the system and results.
- One month and two weeks after it has started, the procedure validation and calibration will allow
the operator to trust the system in order to start the full campaign..
• Full Operational Phase The bulk of the operations towards the main Mission Objective in which the
laser efficiently imparts ∆v to the asteroid by ablating it. The spacecraft will actively control relative
position and attitude and estimate the imparted ∆v.
- Sequence of 90-day ablation plus 10 day-measurement process
o The ablation causes the asteroid to accelerate ~0.05 µm/s2 (within the range 0.04-0.075 µm/s2)
o Laser operates for 6 full days continuously, then data is relayed to Earth for 1 day (to Harwel),
including camera images, health, house-keeping and radiometric navigation data. 13
sequences of ablation/data-relay operations are performed in a batch.
- Followed by a 10-day a radiometric navigation campaign using radiometric and ranging from the
Harwel ground station and 2 ∆DOR measurements from ESA’s DSA network.
- Three of these sequences complete the baseline mission. Nominally, all mission objectives shall be
attained at this point, including the successful change of NEO velocity by 1 m/s, full precise
characterization of the asteroid rotational and orbital state confirmation of the change in orbit, as
well as additional scientific objectives.
- This will happen 723 days after launch, at an Earth-NEO distance of 0.404 AU.
• The Extended Operational Phase This is an optional operative phase, which comprises further
ablations and asteroid orbit determination and characterization. Once the ground team considers that
the objectives of the mission have been accomplished, the phase can be interrupted and the remaining
time to the 3 year limit can be used to collect more images, perform autonomous GNC approach/touchdown to the asteroid or other technology demonstration or experiments. Starting from the alread y
accurate orbital determination results from the previous segment, 20 days of Doppler and ranging from
Harwel will follow, to allow improving the accuracy to halve its initial value (1σ of ~2 km in position).
Then the extended operational phase will foresee:
- Sequences of 90-day ablation plus 10 day-measurement processes, exactly like the Full
Operational Phase.
- The third optional sequence finishes 1043 days after launch 52 days before the 3-year limit.
- A reduction in the amount of relayed data for supervision (to still be sent to Harwel). Eventually an
alternative station for orbit determination is used in the extended operational phase.
Due to the continuous change of the orbit of the asteroid, and the perturbations acting on the spacecraft (recoil
of the laser, solar radiation pressure and plume impingement) the orbit of the spacecraft will need to be adjusted
to maintain the close formation motion. The control, implemented by RCS thrusters, aims at maintaining the
spacecraft’s relative position within a control box. The on-board system is able to estimate the accelerations the
spacecraft. This information can be integrated in time to measure the overall v imparted to the asteroid by the
ablation. A second method to assess this value is through the ground-based radiometric measurements from
Earth, where the position of the spacecraft can be tracked to the accuracy required to establish the new
ephemerides of the asteroid.
6. Navigation and Control
The GNC design for the LightTouch2 mission derives from previous experience with missions to small bodies
like NEAR, Dawn, Rosetta and Hayabusa. In the LightTouch2 concept, however, some critical points have very
important differences with respect to the typical NEO-encounter mission, while at the same time putting it closer
to the challenges faced in Rendez-Vous / Formation Flying missions to non-collaborative targets (like orbital
debris). The main differences from LightTouch2 from typical NEO missions in terms of GNC design are:

•

•

•

Size of the target Asteroid – Gravity. 2006RH120 is extremely small . Hayabusa was considered a
mission to a very small body. Itokawa, its target, is a low density rubber-pile asteroid of 535 × 294 ×
209 m size. Its gravity force at 10 000 and 50 m is, respectively, 10 µN and 382 mN for the light 400
kg spacecraft. At the same distances, the 130 Ton–target of LightTouch2 will exert a force on the ~560
kg spacecraft of only 0.05 nN and 2 µN, respectively. This is 6 orders magnitude lower than Itokawa.
The gravity field of the asteroid, for approach, rendez-vous operations is almost negligible in our case.
For what concerns the GNC, it can be considered a small perturbation in the dynamics with respect to
the ~40 µN Solar Radiation Pressure (SRP). The implications in the GNC strategy and design are
numerous: during close approach operations, the whole dynamics can be reduced with good
approximation from the complex 3-body dynamics to a simpler 2-body dynamics. For proximity
operation, stable terminator orbits do not exist, therefore, instead of controlling the spacecraft around a
stable terminator orbit, the GNC needs to counter-act the effect of Solar Radiation Pressure to remain
in a non-stable operational relative position Safety and control authority also require a different
approach to the design. At the proposed operational distance the asteroid barely attracts the spacecraft,
although if the spacecraft is placed in between the Sun and the asteroid the SRP is pushing the
spacecraft towards the asteroid. Thus, the requirements on the RCS come from the SRP rather than the
gravity of the asteroid. During ablation the problem is quite different as the spacecraft is subject to the
small but not negligible plume and the asteroid is constantly changing its state of motion. Linearised
equations based on the assumption of a constant angular momentum do not consider this added
nonlinearity to the motion of the spacecraft that instead need to be considered with care.
Size of the target Asteroid – Visual Magnitude. The absolute visual magnitude of Hayabusa’s
Itokawa is 19.2. The 160-m-wide 2002AT4, 21 absolute magnitude target of Don Quijote could be
detected from a distance 2500 000 km. 2006RH120 worst-case magnitude (3σ) is 31. The Narrow
Angle Camera (NAC) from Rosetta would detect it at 40 000 km from the most favourable illumination
angle (Sun-asteroid-SC angle of 0 deg), that is, 3 orders of magnitude below the distance of
detectability of what is already considered a small body. Additionally, its ephemeris knowledge are in
the same order of magnitude of the distance of detectability. To cover the uncertainty region (3σ) in
position of 5000 km from the detectability distance, the critical detection process (against a bright sky)
needs to be repeated for different pointing directions of the NAC Fields of View (FOVs). That is,
scanning manoeuvres need to be performed with implications in the early encounter trajectory. At
distances of 1 km the asteroid will be barely resolved in the Wide Angle Camera (WACs) FOV (will
span than 10 pixels) and at operational distance it will be 50-pixels wide. This shifts the NAC’s
relevance as a detection and far approach sensor to serve also approach and proximity. In fact, the 2-4
m asteroid will fit tightly in the FOV of the NAC at the proximal distance of 50 m, making the sensor
suitable for rotational state estimation and asteroid characterization.
Duration of Operations. Contrarily to sample return, impact or orbiting characterization missions,
LightTouch2 aims at remaining in an unstable point relative to the asteroid while perturbing its orbit
and being affected by perturbing forces and torques from Solar Radiation Pressure, impingement form
the ablation plume, recoil from the laser for 2 years. Even though the forces to be counteracted are
small, they are always present. The issue of the life-time of GNC components becomes relevant as the
number of RCS actuations rises to the tenths of thousands, the same order of magnitude of their
operational limits. The concurrent assessment of RCS activation logic algorithms for position control,
similar to those used in attitude control, to save mass, and definition of control windows that are loose
enough to allow excursions between actuations, is necessary.

The spacecraft is expected to rendezvous with the asteroid and then fly in formation with it for the whole
duration of the ablation process. Two different formation configurations were considered: a radial configuration
and trailing configuration (a ramming configuration is equivalent to a trailing configuration). Figure 12 shows a
diagram of the two configurations with the forces that the spacecraft experiences.

Figure 12. Force directions in trailing and radial configuration
In both configurations, the GNC has to estimate and control the state of the spacecraft that is subject to the
following effects:
• Laser recoil: Reaction force induced by conservation of momentum upon the projection of laser photons.
The torque associated with this force is assumed to be well known (and negligible) as is located close to
the CoM. Acts to push the spacecraft away from the asteroid.
• Gravity force: pull towards the 130 000 kg asteroid. Torque from gravity gradient is negligible.
• Gravity gradient (Sun): ~1x10-3 µN at 50 m.
• Solar radiation pressure: exerted mainly in the 7.4 m2 solar panels, but also partially in the S/C body.
The spacecraft is nominally sun pointing, but the nominal value still changes with the distance to the Sun.
Appart from that, it can be considered a stochastic value where the magnitude changes by 20%
(conservative) with respect to its nominal, where this excursion has a time correlation of 7 days. A torque
arises from this force when the centre of pressure (CoP) does not coincide with the centre of mass.
• Plume impingement: Caused by the jet of ejecta plume hitting the body and solar panels of the
spacecraft. Pushes the spacecraft away from the asteroid. The magnitude depends on the cross section of
the exposed surface. If ablating from radial direction, the ejecta will hit the full back surface of the solar
panels and hence be larger than if ablating from trailing position, where it will directly hit the (smaller in
area) solar panel shields (the solar panels are perpendicular to the SC-NEO direction). The torque is
largely uncertain as the position of the centre of pressure for this force varies.
• Deflection induced: a fictitious force arising from the accelerating local frame. The frame is centred in
the asteroid’s CoM, which is, through ablation, thrusting with a 10 mN force, thus accelerating at 0.077
µm/s2. The change caused by this acceleration is equivalent to a force, when seen in a local frame of
about 42 µN.
Table 6. Modelling of acting forces at operating distance
Force µN Variation Time Correlation Torque µNm*
Solar Radiation Pressure

38

20%

7 days

57

Laser Recoil

3.3

1%

1 minute

<0.1

Gravity from Asteroid

1.7

10 %

5 minutes

0

20 (6)

20%

1 hour

30.0 (9)

Deflection-induced

42.3

20%

1 day

0

Total (trailing)

62.8

Total (radial)

25.5

Plume Impingement

*1 Nominal SRP also changes with distance to Sun (from 38 µN at apohelium, 1.07 AU, to 42 µN at
perihelium at 1.02 AU) and attitude, apart from stochastics.
*2The laser recoild, plume impingement and deflection induced forces nominal values vary with a
known model of the the distance to the sun and level of contamination. apart from stochastics.
*3 The torque variation shall be of much large orders of magnitude (100% of its nominal value).
Correlation times remain the same for SRP and is smaller for Plume-Impingement-induced. This is due
to the variability of the arm of the force.

Table 6 presents a summary of the estimation of the forces acting on the spacecraft at 50 m from the asteroid.
These forces are regarded as the sum of a bias (fixed value) and a random walk (with exponentially correlated

random value). The spacecraft is assumed to have a maximum mass of 550kg. The table shows that a significant
difference exists in the balance of forces with the radial configuration resulting in having to compensate for half
of the force that would have to be compensated in the trailing configuration. The radial configuration appears to
be advantageous from a control point of view. On the other hand the trailing configuration would maximise the
actual deflection if the ablation process is started more than one orbital period of the asteroid from a possible
encounter with the Earth. Furthermore, the trailing configuration poses less problems in case of contingency as
it will be shown in the remainder of the paper. An intermediate position between a fully trailing and a fully
radial configuration is potentially the optimal solution.
6.1. Control law
During operations the laser focussing needs to be maintained in order to produce optimal laser ablation. The
optics is controlled through 1 mm max variation of the focal point of one of the mirrors, therefore it is possible
to control the focal point at high frequency without moving the whole spacecraft. The design of the optics,
though, is such that defocusing the laser can be tolerated so that a stringent control is not required. Nonetheless,
the rotation of the asteroid would require to control the laser optics frequently to maintain a correct focussing on
the spot the laser is pointing to. In order to maintain the spacecraft’s orbit against the perturbations, and at the
same time keep at the minimum the number of optics adjustments, the spacecraft will be controlled by means of
impulse bit from RCS. The motion of the spacecraft is defined in a Hill’s reference frame as depicted in Figure
13

Figure 13. Definition of the reference frames, including the rotating Hill frame A centred on the asteroid.
The control aims at maintaining the spacecraft within a box, defined on the reference trajectory. At each instant
of time the autonomous system propagates the estimated state up to the following instant of time. Then the
system checks for the inclusion of the spacecraft between the boundaries defined by the control box. The control
allocates an impulse bit, keeping into account the estimated acceleration acting on that direction, exploiting the
dynamics to reduce the overall number of actuations. The spacecraft tends to follow a parabolic trajectory under
the effect of perturbations:

f din  ( vin  v corr )t  a
where

din

and

v in

t2
2

(14)

are the initial position and velocity error with respect to the nominal trajectory,

v corr

is

the corrective impulse bit, while a is the acceleration. The corrective impulse bit is allocated such that the
spacecraft reaches the other side of the control box, with relative velocity equal to 0.

f '  vinest  v corr  aest t  0
d f  dinest  ( vinest  v corr )t  aest

t2
2

(15)

where all the variables have been substituted by their estimated counterpart at the current instant of time. In this
way it is assumed a constant value for the perturbations acting on the spacecraft. A typical trend of the
controlled trajectory in the trailing configuration is reported in Figure 14, where one can see the parabolic
curves due to both the spacecraft dynamics and the implemented control for a 20cm box.

a)

b)

Figure 14. Controlled trajectory for 20cm box (a) position, (b) velocity error

a)

b)

Figure 15. Control in trailing configuration for 1 year (365 days) of continuous operations

a)

b)

Figure 16. Control in radial configuration (365days) of continuous operations
Figure 15 and Figure 16 reports the necessary Δv required to station-keep the spacecraft at 50 m in the trailing
and radial configuration respectively. It has been assumed that the power available at the laser is constant for the
whole period (the power is constant and the contamination factor is 1). This is a conservative assumptions,
because the power at aphelion will be different and the contamination from the plume will reduce the solar
arrays’ efficiency. From Figure 16 one can see that the Δv for station keeping decrease by about 2 m/s, and
subsequently the number of actuations is reduced by more than 1,000. This is due to the fact that, in the radial
configuration, the solar radiation pressure pushes the spacecraft along the thrust direction, thus partially
counteracting the dragging force, the plume impingement and the laser recoil.
In both the configurations, the number of actuations for 1 year operations is limited under the maximum number
of actuations for the thrusters (circa 40,000 life cycle). The control strategy envisages also to exploits the
frequent actuations to desaturate control reaction wheels, thus, keeping the overall number of actuations by RCS
thrusters at a minimum.

6.2. Asteroid Rotation / Kinematics
One important aspect of the mission is to measure the rotational state and the centre of mass of the asteroid. If
one assumes that the rotation state is constant on the short period rotation axis, rotation speed and centre of mass
can be estimated from a spectral analysis of a sequence of optical images[16]. A Fourier transform is applied to
a time sequence of a set of tracked points (features) on the surface of the asteroid. When the rotation frequencies
are coincident, it is possible to determine the spin direction of two axes by considering that the third axis can be
obtained from the maximum peak in the spectrum, and then projecting the observation in a local frame which
has one axis coincident with the first rotational axis. Usually asteroids of small dimension tend to rotate faster
about their principal axis of inertia, and present a slow rotation around a second axis contained in the plane of
perpendicular to the principal axis.

Figure 17. Asteroid rotation spin axes with markers on the surface
Using this approach, eight points on the asteroid surface need to be tracked by the on board camera. In general
the position of one point on the asteroid surface, which rotates around 2 axis can be decomposed as,
(16)
p '  R(k1,1 )R(k 2 , 2 )p  p0

p 0 is the position of the asteroid barycentre with respect to the spacecraft, p̂ of a point with respect to the
barycentre and p ' is the position of the point with respect to the spacecraft, k 1 and k 2 are the spin axes,
1  2 f1t and 2  2 f 2t are the rotations around these axes (see Figure 17). The equation can be rewritten
where

in terms of cosine and sine:

p '  a cos(1 )  b sin(1 )  c cos(2 )  d sin(2 )  e cos(1  2 )  f sin(1   2 )

(17)

g cos(1  2 )  h sin(1  2 )  i
There will be at least 4 frequencies in the Fourier spectrum in correspondence to 4 spectral peaks, which are

f1 ,

f 2 , f1  f 2 and f1  f 2 . Spurious frequencies are also present and they are due to the fact we need to track
more than one point because of the rotation. Nonetheless, these spurious frequencies contain low energy with
respect to the four principal frequencies and thus can be easily discarded. Then a, b, .,.,i can be obtained from
the Fourier transform of the time sequence data of p'. The above equations can be solved in terms of k 1 and

k2 :

k1 

ef
e

2

; k2 

 e  g  c   (f  h  d )
egc

2

(18)

With this method, the feature point information is not collected while the selected points rotate on the opposite
side not visible from the camera. The centre of mass of the asteroid can be calculated by identifying the
intersection between the rotational axes, thus independently from knowing the asteroid’s mass and inertia
properties:

p0 

(k1  k 2 )T  (a  k1 )
e

2

k2  a  i

(19)

(a)

f1

f2

(b)

f2- f1 f2+ f1

Figure 18. Spectrum projected into the (a) x and (b) y coordinates
Optical observation from ground indicates that the asteroid 2006RH120 rotates with a rotational period of 21.8
revolution per hour (6.056x10-3 Hz). A slow rotation with 1 revolution per hour (2.778x10 -4 Hz) around the local
y-axis is then assumed. Four points per image are tracked every 10s, considering an error of 5% on the
reconstructed position for each point; the Fourier transform results in the spectrum in Figure 18, where the
rotational frequencies are clearly identified. The identified spin axes through this method were

k 2  [0.003 0.999 0.003]T , k1  [0.003 0.005 0.999]T , almost coincident with the actual spin
axes.
6.3. Collision Avoidance/Contingency
This section contains a first assessment of the collision avoidance issues related to both the trailing and the
radial configuration. If a sudden failure of the control system happens, the motion of the spacecraft is driven by
the solar radiation pressure and the asteroid’s gravitational field. The SRP pushes the spacecraft along the sunspacecraft direction while the feeble asteroid’s gravity will slightly attract it towards the asteroid. One cannot
assume that spacecraft will maintain a stable attitude. In the following analyses worst case conditions have been
assumed. A spacecraft tumbling will decrease the SRP contribution. The analysis for the tangential
configuration is trivial, since the SRP moves the spacecraft at more than 300m in only one day, in the nominal
condition as shown in Figure 19a. The yellow and green clouds represent 100 samples taken from a Latin
hypercube having maximum displacement of 1m and 1mm/s consistently with the control box and corrective
impulse bits.

Figure 19: Trailing Configuration: a) contingency with no control in the nominal condition maintaining a
sun pointing attitude, b) contingency with no control: 25%(green), 50%(red), 100%(blue) SRP.
Even if one considers that a sun pointing attitude cannot be maintained, the tangential configuration is still safe
as confirmed by Figure 19b where decreasing levels of SRP are considered and motion is propagated for 2 days.
Even when the SRP is 25% of the nominal the spacecraft will be safely outside of the sphere of influence of the
planet even with a 25% SRP contribution (green case).
The radial configuration needs to be considered more carefully, because placing the spacecraft exactly along the
sun-asteroid direction will pose a risk in case of lack of control. In fact the solar pressure will push the

spacecraft onto the asteroid. It is thus necessary to give the spacecraft a small offset in the plane or out-of-plane
direction, such that laser process is not affected. Figure 20 confirms that the close passage is safe by reporting
the evolution of 100 samples from the Latin hypercube around the 10 m offset trajectory. In the worst case the
spacecraft CG will be more than 3 m above the asteroid’s surface, with approximately 1 m margin considering
the spacecraft actual size

Figure 20 On plane radial configuration. Contingency with 25% SRP for 10 m offset and Latin
hypercube evolution.
Similarly to Figure 20, Figure 21 shows that that all the samples drawn from the Latin hypercube will fly over
asteroid’s surface at more than 3 m.

Figure 21: Out-of plane radial configuration. Contingency with 25% SRP for 10 m offset and Latin
hypercube evolution.
The above considerations are valid as long as the shape of the asteroid is pretty much spherical. An offset of 10
m along the tangential or the out-of-plane component allows ensures minimal safety conditions to avoid the
spacecraft collide with the asteroid. Anyway the operative trajectory can be adjusted and re-planned according
to the actual shape once the spacecraft have built asteroid’s map during the close approach.
7. System Design
The design and sizing of the AdAM spacecraft was based on a conservative and robust system design approach.
The following margins were used in the system sizing: 5 % for existing off-the-shelf units, 10 % when small
modifications were required, and 20 % for when large modifications or new designs/units were required.

Subsystem and system margin was accounted for within the mass and power budgets, and cost allocation. The
selection of the design maturity margin depends on the overall level of maturity of each unit. A 20 % system
level margin was added to the nominal dry mass. This is in accordance with the ESA standards.
From the momentum coupling and mass efficiency analysis in section 3.1 one can understand that the laser
ablation system is equivalent to a small scale electric propulsion system with equivalent installed power. In
section 3 it was demonstrated laser power of 860W provides a short deflection time and very reasonable optics.
The laser optics has an estimated mass of 9.9 kg, while the laser box itself has an estimated mass of 10 kg
through over 50% of the mass is the thermal sink that can be included in the thermal system of the spacecraft.
With 20% this gives a total laser system mass of 22.88 kg. The power required by the laser during the mission is
in fact 769 W at aphelion. As shown in section 3 this level of power provides the required deflection well within
the limit time for different possible initial rotational states of the asteroid. The baseline design of the AdAM
spacecraft was based on this level of input power to the laser. The power and thermal subsystems are the two
most critical ones for the integration of the laser on board the spacecraft and will be discussed in some detail.
Power Subsystem and Budget
Besides the power allocated to the laser, the GNC and AOCS subsystem require: 18.9W to operate the reaction
wheels, 15W for the laser range finder and 25.2W for the star tracker electronics. The WAC, NAC, CCSU, sun
sensors and IMU require a further 32.9W. This leads the AOCS and GNC subsystem to require a total of
149.2W of peak power during operations. The payload and GNC & AOCS subsystem plus the Data Handling,
Communications and Thermal subsystems bring the total spacecraft power load including unit margins to
1223W. Further to this, an additional 10% of the spacecraft load is required for the PCDU consumption and
losses as well as 2% for losses within the harness. After including these and a 20% system margin the total
spacecraft power requirement during operations is 1646W. In order to sustain the power load for an extended
period of time a 50V bus voltage will be required. The array area required to generate 1646W was estimated to
be 6.46m2 at the end of life considering triple junction cells.
The PCDU is a derivative of a development item for the TerraSAR-X2 and SARA missions. Designed for use
with 50V buses and maximum sustained loads of 2kW, the unit has a mass of 30kg including a 20% design
maturity margin. The power consumption and losses induced by the PCDU have been assumed to be 10% of the
total spacecraft power load. The PCDU would be used as a combined power and distribution unit for the
spacecraft, laser and additional science payload. The latter includes both the impact sensor and the Raman
spectrometer. The battery is that from LISA Pathfinder. One battery has been included for LEOP and any
eclipse phases the spacecraft may encounter (e.g. during apogee raising before Earth escape). This battery has a
mass of 8.19kg including margin. Advanced inverted metamorphic (IMM) cells currently being developed have
been chosen for AdAM. These cells will provide an End Of Life (EOL) specific power of 255W/m2 at a distance
of 1.07 A.U. and are currently TRL4-6 with an aim of reaching TRL 9 by 2018.
Thermal Subsystem
The thermal subsystem for AdAM is driven by the power dissipated by the laser system. The distance from the
Sun remain close to 1AU and there are no eclipses after escape, therefore the thermal environment is pretty
benign and stationary. During the operational phase of the mission 1646 W of electrical power will be being
produced by the spacecraft. Of this, 473 W will be lost through the laser beam, leaving a maximum of
Pmax=1173 W to be dissipated as heat. If one makes the conservative assumption that the remaining power needs
to be dissipated then the upper limit on the required radiator area is 4.03m2 that can be derived from the simple
steady state thermal balance at the radiator Pmax

  R ARTR4 , where σ is Stefan-Boltzmann’s constant, εR = 0.8,

and a maximum allowable temperature TR = 283 K . With a specific mass of 0.3 kg/m2 the total radiator mass is
1.21 kg. The radiators have been located on 4 faces of the spacecraft: the two faces the solar arrays are mounted
to, the face opposite the HGA and one at 90° to these two. For the first three this will ensure they are always
facing towards deep space. The remainder of the spacecraft surface area, 9.85 m2, will be covered in MLI. With
a specific mass of 0.5 kg/m2, 4.93 kg of MLI will be required to cover the AdAM spacecraft. Heat pipes will be
used to transfer the heat rejected from the laser to the radiators. It has been estimated that 6 heat pipes will be
required, each 1.6m long. These will have a total mass of 4.8 kg. It has to be noted that the sizing of the
radiators is based on a best practise principle in which the power that does not leave the spacecraft through other
means has to be rejected via the radiators. On the other hand this analysis does not consider the actual thermal
environment and constraints the maximum temperature of the radiator to be lower than the maximum allowable
temperature of the diodes (283K). On the other hand, since the rest of the spacecraft can operate at a temperature
that is higher than 283 K, a better choice would be to have dedicated radiators for the laser which in fact
requires only 1.35 m2 (including 20% margin) out of the 4.03 m2. Furthermore, a portion of Pmax is actually used
or dissipated locally by the GNC equipment, thus an optimised thermal analysis would probably lead to a
reduction of the size and mass of the radiators.

Propulsion Subsystem
The propulsion system for the AdAM spacecraft must provide a total Δv of 1350m/s, 1418 m/s including a 5%
margin. Given this an efficient, high thrust Aerojet Liquid Apogee Engine (LAE) was chosen with an Isp of 321s
in order to keep both the fuel mass and volume down. The total propellant mass, assuming a launch in GTO
with a PSLV-XL, is 442kg. This includes 1% for LAE corrections and a further 1% for fuel flow residuals plus
12kg of static residuals, 12kg for attitude control and 21kg for wheel desaturation.
Operating at a mass ratio of 1.65:1 this gives 258.89kg or 181 litres of MON and 156.91kg or 179 litres of
MMH. Allowing 4% ullage, two tanks of 191 litres are required for the propellant. Based on the tanks used for
Venus Express these will be 931mm in length, a reduction of 269mm. The mass will be similarly reduced, to
15.6kg including margin per tank. As well as the LAE and tanks, additional hardware must be included in the
propulsion system. 16 (8+8 redundant) smaller 10N reaction control thrusters have been included for AOCS.
These will be used both during the transfer and once at the asteroid for the AOCS manoeuvres and wheel
desaturation. Pipework, valves, filters and regulators have also been included as well as a 35 litre helium
pressurant tank holding 1kg of helium pressurant. The mass of this additional hardware is 36.09kg giving a total
propulsion system mass including margins of 67.29kg.
TT&C
The data downlink and ground segment trade-off analysis represents one of the most critical issues for the
design of a deep space mission with relatively large and variable transmission distances to Earth, which can
dramatically affect the link budget and drive space/ground segment cost. Other key factors affecting the link
budget and space/ground segment cost also require consideration, such as the variable and sometimes high data
generation in the proximity of the asteroid, the spacecraft communications system design (e.g. HGA size/power,
steerable versus non-steerable antenna, and frequency) and the ground segment/operations choice (e.g. Antenna
size, ESA versus National Agency). For example, it is assumed that steerable antenna mechanisms are too
expensive for AdAM and thus a fixed HGA is a constraint (similar to the ESA requirement in the current Marco
Polo-R study). This requires the spacecraft to have dedicated downlink phases (e.g. ablating and HGA downlink
operations are not possible in parallel). Therefore it was important to consider a mission-level trade-off between
the spacecraft (antenna, power, payload/GNC data rates and data storage) and ground station performances, the
data downlink requirements during the space mission design, and the mission phases/mission profile with
increasing range to Earth over time.
The available power for the AdAM downlink, as a result of the power requirements of the laser system, as well
as the fact that the laser and HGA cannot be operated in parallel, means that a relatively high downlink
performance is possible from the spacecraft with a contained antenna size. Sticking to the heritage design
philosophy the current Marco Polo-R communications system can be used as a reference, which enables a low
cost, non-ESA 13-15m class ground antenna such as Harwell. Only the final three phases need to be analysed in
terms of data storage and link budget, as this is when:
• The range to Earth becomes increasingly longer (and therefore the downlink rate capability declines)
• The highest data storage and downlink rate requirements occur (worse when closer to Earth)
It is not immediately clear which is worst of these three cases, so they are all analysed to check for the worst
case(s). The following requirements and assumptions were used as an input to the data downlink and ground
segment trade-off:
 Downlink regularity assumptions:
o Downlink restricted to 8 hours once per day in all phases except the main operations phase,
DDOR and the 2 week critical approach phase
o Downlink relaxed to 8 hours once every 6 days in the main operations phases (i.e. 6 days
ablating, 1 day off inc. 8 hours downlink)
 Driving data volume/downlink requirements defined by UoS/GMV:
o Operations Calibrations Phase:
 Data volume/storage requirement: 10.9GBits
 Data downlink requirement: 377.4kbps
 Calibration from day 360 to 422
 Max distance from the Earth: 0.0375AU
o Main Ablating Operations Phase:
 Data volume/storage requirement: 0.676GBits
 Data downlink requirement: 23.5kbps
 Operations for up to 8 months (1m/s deflection achieved) from day 423 to 743
 Max distance from the Earth: 0.408 AU
o Operations Margin Phase (until EOL after 3 years):
 Data volume/storage requirement: 0.230GBits
 Data downlink requirement: 8kbps
 Operations Margin from day 743 to 1096




 Max distance from the Earth: 0.758 AU
Preferred space communications system (re-used from Marco Polo-R): HGA X-Band Antenna, 1.3m
diameter, 160W output power (with alternative options for larger and smaller antennas)
Preferred ground antenna: Harwell (with alternative ESA 35m and 15m antennas)

The current data estimates for AdAM are relatively modest compared to other similar missions, such as Marco
Polo-R. Data storage is relatively low at 10.9 Gbits (driven by the Operations Calibrations Phase, which is also
the same as the Close Approach and Transition Phases) and can be met with relatively modest hardware (flash
memory is assumed for its low mass) and is thus not a driving constraint.
The data downlink rate assessments suggest that a data downlink of only 23kbps (which drops to 8kbps after
ablating) is required for an 8 hour downlink every 6 days. Additionally the results show that the ablation can
meet the requirements after only 743 days which results in a significantly shorter range than that reached after
the maximum mission period of 3 years.
The low data rate in combination with the high available power offers some interesting feasible options e.g. that
a smaller (13-15m) low-cost, ground or space antenna can be utilised (but not both unless the still immature and
expensive Ka-Band is used) - so either a modest HGA system (e.g. <1m HGA) and a high performance 35m
ground antenna can be used, or a substantial/robust HGA system (e.g. the 1.3m, 160W output X-Band antenna
from the current Marco Polo-R study) and a lower performance/cost ground antenna can be used. Usefully, a
high amount of spacecraft power is also available for HGA downlink communications as a result of the laser
system. The Harwell X-Band antenna upgrade is expected to have a G/T of 37db/K and is equivalent in
performance to older 15m antennas. A Harwell-like ground station such as Malindi, is assumed to be hired for a
short period where Harwell does not meet the required performance mid-mission. Additionally AdAM will need
to perform DDOR via ESA 35m antennas such as Cerbreros although only there times, and thus the cost is
assumed to be negligible compared to the overall ground segment cost. Several data downlink and ground
segment trade options are available, the baseline option is to use Harwell for the MOC, SOC and the 12m
X-Band Antenna, with a 1.3m X-Band HGA (160W output power) spacecraft communications system.
Given that a high amount of spacecraft power is serendipitously available for HGA downlink
communications as a result of the laser system, it makes more sense to baseline a substantial HGA system
in conjunction with lower performance/cost ground antenna, as substantially greater cost savings are
envisaged by opting for a low cost ground segment rather than a more modest spacecraft HGA system.
The AdAM link budget is therefore based on the following space and ground segment design assumptions:
 Baseline space communications system (re-used from Marco Polo-R): HGA X-Band Antenna, 1.3m
diameter, 160W output power
 Baseline ground antenna: Harwell (represented by an equivalent antenna with the same G/T: i.e. USN
Hawaii-1 13m X-Band antenna)
The link margin results are as follows for each of the main worst case phases identified earlier, in order to
identify the overall worst:
 Operations Calibrations Phase: 17.8dB nominal link margin
 Main Ablating Operations Phase: 9.2dB nominal link margin
 Operations Margin Phase (until EOL after 3 years): nominal 8.5dB link margin
Therefore the final phase provides the worst case margin even though the data rate is the lowest. Nevertheless,
all the margins meet the minimum 6dB criterion for feasibility.
Structure Subsystem
The design of the structure for the AdAM spacecraft is driven by three elements: the size of the propellant tanks,
the total wet mass of the spacecraft and the accommodation of all equipment.. The size of the propellant tanks
will define a minimum height of the structure. For AdAM these are 931 mm tall, additional space needed to be
left both above and below the tanks for feed lines and assemblies. The need of the structure to support the full
962 kg wet mass during launch is a significant driver. The final driving requirement is for the structure to be
able to accommodate all of the spacecraft equipment. With a large radiator area needing to be located on nonSun facing panels this needs to be considered when sizing the structure.
With these driving requirements in mind two main options exist for the structure. Either a bespoke structure that
satisfies all these requirements can be designed, or a previous mission with similar characteristics can be sought
and the structure from this reused. The development of bespoke structure, whilst providing the optimal solution
from a technical viewpoint will incur significant costs. In contrast, reuse of a structure will most likely lead to a
non-optimal technical solution but will significantly save on cost. A suitable mission for reuse would be Venus
Express. With the propulsion system for AdAM being a reduced version of that used for Venus Express the
structure would be well suited to this. Further to this, the wet mass of Venus Express was 1232 kg, 28% more
than for AdAM, with the structure able to support this during 6g axial loads. The structure for Venus Express
also has a significant surface area, being 1.6m x 1.7m x 1.6m (h x w x d), suggesting the accommodation of all
equipment and radiators is possible.

With the advantages and disadvantages of both a bespoke structure and the Venus Express structure in mind, the
proposed structure for AdAM is the reuse of the Venus Express structure, removing the need to fully develop a
new structure. Despite the reuse, modifications will need to be made to the structure for use with AdAM. As
previously discussed, the fuel mass required for AdAM is significantly less than that of Venus Express leading
to a reduction in propellant tank height of 269 mm. With the height of the tanks driving the overall structure
height, this can correspondingly be reduced by 269 mm. This gives a final structure of 1.3m high, 1.7 m wide
and 1.6 m deep. The panels are an aluminium sandwich construction and the mass has been estimated as 100kg.
This has been confirmed as reasonable with experts due to the reduced wet mass of SYSNova in comparison to
Venus Express. The reduction in size will also lead to a reduction in the number of brackets and fasteners
required, further confirming the estimated mass. Due to the modifications required a 20% margin has been
included to account for the uncertainties in these. During a launch using PSLV a spacecraft will experience an
acceleration of 7g. Whilst this is more than the 6g qualification for Venus Express, the reduced mass of AdAM
will allow the structure to survive.
OBDH Subsystem
The OBDH system includes a fully redundant computer, with heritage from LISA Pathfinder. Minor
modifications will need to be made to the software as well as the interface to the mass memory, and so a 10%
mass margin has been included to account for this. The mass memory technology baselined is flash technology.
Both flash and SDRAM technology were considered, however flash technology was chosen due to its lower
mass and the 2027 launch date.
GNC and AOCS Subsystem
The target asteroid considered for AdAM is small, at only 4m in diameter. In contrast to the larger asteroids
usually considered for missions this presents unique challenges to the AOCS and GNC system for locating the
asteroid. Once at the asteroid the AOCS needs to ensure appropriate control of the proximity motion. In order to
meet these requirements the envisioned hardware includes both standard and more specialised equipment. As a
3-axis stabilised spacecraft 4 reaction wheels will be used. In consultation with GMV the AtsroFein RW 250
was selected due to their low mass and capacity of 4Nms. This will allow the wheels to be desaturated once
every 14 hours. This desaturation will be completed using the 16 10N reaction control thrusters. Two sun
sensors, for initial acquisition and safe mode, have also been included as well as two Hydra star trackers for
absolute navigation and an Inertial Reference Unit (IRU) for inertial navigation required both during close
approach and as one of the methods to measure the v imparted on the asteroid in combination with an impact
sensor measuring the flow of ejecta. The current navigation strategy requires the use of both a WAC and a NAC
to cope with both the far and close approach. The selected instruments are the science NAC and the GNC WAC
currently being developed for MarcoPolo-R.
Spacecraft configuration and Mass Budget
The location of the laser system as well as the orientation of the spacecraft with respect to the asteroid and the
Sun during operations are the largest drivers for the configuration of the spacecraft. Two orientations have been
considered, corresponding to the two strategies for ablation: trailing/leading or radial.
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Figure 22. Spacecraft trailing configuration.
The radial configuration places the spacecraft between the asteroid and the Sun, with the v applied to the
asteroid being in a radial direction. The trailing/leading configuration places the spacecraft in formation with the

asteroid, trailing or leading by 50m. For both concepts the location of several items was fixed due to the reuse of
the Venus Express structure and is therefore not optimal. These items include the launch adapter, the solar
arrays, the high gain antenna and the LAE. The LAE is located within the launch adapter and is pointed along
the orbital velocity vector in both concepts. Changing the location of these components would have incurred a
significant cost penalty and so they have not been moved. The solar arrays extend outwards on opposite sides of
the spacecraft bus. Figure 22 and Figure 23 show the two configurations with the position of the laser, asteroid
and Sun.
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Figure 23. Spacecraft radial configuration
Table 7 summarizes the mass budget for the AdAM spacecraft assuming a 860W input power for the laser. The
largest proportion of the system mass is the structure followed by the power system and GNC system. Note that
although the structure and thermal systems are based on consolidated solutions a conservative 20% margin was
considered in this analysis. The payload mass includes the laser system and optics plus two opportunistic
payloads: a Raman spectrometer and an impact sensor that can be used to analyze the plume and measure the
mass flow rate.
Table 7. Mass budget of the 860W laser solution
Current Mass
Design Maturity
AdAM Mass Budget
(kg)
Margin (%)
Data Handling Subsystem
17.1
10.9%
Power Subsystem
66.5
16.3%
Harness
28.2
20.0%
Communications Subsystem
37.7
8.8%
GNC & AOCS Subsystem
31.5
9.5%
Structure and Mechanisms
100.0
20.0%
Thermal Subsystem
12.9
20.0%
Propulsion Subsystem
59.9
12.3%
Payload
24.4
19.2%
SPACECRAFT DRY TOTAL
System Mass Margin
20%
DRY TOTAL (incl. System Margin)
Propellant
SPACECRAFT WET MASS
Launch Adapter
WET MASS + LA
Launch Vehicle Capability - PSLV XL GTO
Launch Vehicle Margin - PSLV XL GTO
Mass Margin % - PSLV XL GTO

Maximum Mass
(kg)
18.9
77.3
33.9
41.0
34.4
120.0
15.5
67.3
29.1
437.4
87.5
524.9
442.2
967.1
0.0
967.1
1074.0
106.9
10.0%

7.1. System Scalability
As demonstrated in previous sections, the required deflection of the asteroid is achieved in less than 12 months
of cumulative ablation time. One can then assess whether a reduction of the power input to the laser is possible
and the impact of a smaller laser on the overall mission design. A reduction of the power input to the laser down
to 480 W would reduce the size of the solar arrays down to 4.25 m2, so would be the radiators. The reduction in
power can suggest a reduction also in the mass of the PCDU down to 13 kg and a possible reduction of the mass

of the laser to 5.6 kg. Figure 24 shows the effect of a reduced power on the deflection operations assuming a
momentum coupling Cm = 1.16x10-5 N/W. The time to achieve 1 m/s increases but it is still well within the
mission requirement.
Table 8. Mass budget of the 480W laser solution, Cm = 1.16x10-5 N/W
Current Mass
Design Maturity
Maximum Mass
AdAM Mass Budget
(kg)
Margin (%)
(kg)
Data Handling Subsystem
17.1
10.9%
18.9
Power Subsystem
46.0
14.6%
52.8
Harness
25.8
20.0%
30.9
Communications Subsystem
37.7
8.8%
41.0
GNC & AOCS Subsystem
44.5
12.6%
50.0
Structure and Mechanisms
83.0
20.0%
99.6
Thermal Subsystem
12.4
20.0%
14.8
Propulsion Subsystem
59.9
12.3%
67.3
Payload
20.0
19.0%
23.8
SPACECRAFT DRY TOTAL
399.2
System Mass Margin
20%
79.8
DRY TOTAL (incl. System Margin)
479.0
Propellant
351.9
SPACECRAFT WET MASS
831.0
Launch Adapter
0.0
WET MASS + LA
831.0
Launch Vehicle Capability - PSLV XL GTO
1074.0
Launch Vehicle Margin - PSLV XL GTO
243.0
Mass Margin % - PSLV XL GTO
22.6%
This reduction however leads to a dry mass equal to 479kg and the mass at launch to 831 kg. This means that a
substantial reduction in the power demand of the laser does not significantly affect the mass of the spacecraft:
the reduction is about 0.12 kg per Watt of laser power. Replacing the LIDAR with a range finder reduces the dry
mass to 453 kg and 790 kg of launch mass. Again the reduction is modest. The dry mass is still dominated by
the structure. Table 8 summarises the mass budget for the improved solution employing a 480 W laser system.
Note, however, that, for reliability reasons, a 20% margin was applied to already flight proven components or
standard hardware, like thermal components, solar array mechanisms, impact sensor and structure all derived
from existing flight hardware. A more relaxed 10% margin would lower the total mass to 779 kg and the dry
mass to 445 kg, which is comparable to the mission NEAR. A further substantial reduction would require a
redesign of the whole AdAM spacecraft and perhaps even the mission architecture choice. A possible option is
to revisit the EP+PSLV launch in GTO with a chemical upper stage for the initial escape kick that would
potentially provide a spacecraft with a dry mass comparable to DS-1. This last solution could not be investigated
within this study and is left to future studies.

Figure 24. Thrust level and vI for a reduced 480W laser input: red line represents the thrust leg.

8. Conclusions
The main conclusions of the study are that based on the current model and experimental results, laser ablation is
comparable, in terms of momentum coupling, to an electric propulsion contactless deflection system, and can
surpass an electric propulsion system in terms of mass efficiency in the case of high v. The target 1m/s of
variation of velocity can be achieved in less than one year of push time even with a relatively low power laser.
The laser system can be installed on a medium sized spacecraft employing high TRL technology. No special
developments are required except for the laser system itself. The dry mass of the spacecraft, considering a
dedicated fully chemical propulsion system to complete the transfer, can be as low as 453kg. Further mass
reduction is possible by optimising some components and relaxing some conservative assumptions. The GNC
strategy devised in this study can identify and rendez-vous with the asteroid and improve its ephemerides during
approach. The GNC strategy can also accurately reconstruct both the orbital and rotational motion of the
asteroid prior to the beginning of the ablation and during the ablation. Two results are particularly interesting
and deserve further investigations. The laser ablation concept has shown to achieve momentum couplings
comparable to electric propulsion deflection systems with a better mass efficiency. This result is based on the
current 1-dimensional model and the outcome of some experimental results. Further investigations are required
to perfect the model and make the predication of the performance reliable for all expected classes of asteroids.
More experimental work is required in this sense, along with an improvement of the efficiency of lasers for high
power outputs. The additional interesting aspect of laser ablation is the extraction and analysis of surface and
subsurface material. AdAM carries an opportunistic payload to measure and analyse the plume of gas and ejecta
produced by the ablation process. Laser ablation is therefore an interesting candidate for asteroid exploitation
but also for new science missions that would significantly improve our knowledge of the composition of
asteroids. The techniques developed in this study to identify and improve the ephemerides of the asteroid in
space and to accurately estimate its orbital and rotational state are very interesting, and warrant further
development. They represent an enabling technology that would allow for the improvement of our knowledge of
the motion of asteroids.
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